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Shock Boundary-Layer Interaction on Transonic Airfoils
for Laminar and Turbulent Flow

M. Swoboda* and W. Nitschef
Technical University of Berlin, D-10587 Berlin, Germany

This article deals with the interaction between shocks and the boundary layer in a transonic airfoil flow.
Here, examining comparatively the shock boundary-layer interaction in a laminar boundary layer as well as in
a fully turbulent one was the main focus of interest. The experimental investigations were carried out in the
transonic wind tunnel of the Technical University of Berlin. Apart from conventional time-averaging measuring
techniques such as schlieren photography, Laser-2-Focus anemometry, pressure measurement, and visualization,
two unsteady measuring techniques were used for investigating the dynamic effects associated with the shock
boundary-layer interference. The first unsteady measuring technique concerns a new type of highly sensitive
piezoreceivers and in the second technique a piezofoil array was mounted on the airfoil model. The conventional
techniques already show decisive differences in the whole flowfield for the cases mentioned. At the same
freestream Mach number, the position of the shock is always located further downstream for free transition.
These phenomena mainly result from the development of local flow separation regions, which, on their part
and with regard to their expansion and structure, strongly depend on the type of the boundary-layer flow. The
unsteady measuring techniques were used to detect details in the separation regions and to determine the position
of transition in the case of laminar flow. These two phenomena have a decisive influence on the global flowfield
as well as on the shock boundary-layer interaction.

Nomenclature
c = profile chord
cp = pressure coefficient
db = diameter of Ballotini balls
/ = frequency
h = thickness of piezofoil
M = local Mach number
Mx = freestream Mach number
pl = pressure in front of shock
p2 = pressure behind shock
p* = critical pressure
Re = Reynolds number
x = coordinate
a = angle of attack
ft = shock angle
9 = deflection angle

Introduction

I N view of optimizing aircraft with regard to their fuel con-
sumption, efforts have been intensified recently to develop

a so-called transonic laminar airfoil (TLA) by means of which
the total drag of an aircraft can be reduced up to 15%. The
boundary layer of such an airfoil can be influenced by passive
measures such as its design, or active ones such as boundary-
layer suction in such a way that a laminar boundary layer can
be maintained up to a 50-60% profile chord. As a conse-
quence, a laminar boundary layer can possibly be maintained
until the onset of shocks. In the case of the TLA develop-
ments, the interaction between a shock and the respective
kind of boundary layer (i.e., laminar or turbulent) has to be
taken into consideration, since the economic advantages of a
subsonic laminar airfoil can be lost due to detrimental effects
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caused by the shock boundary-layer interference under tran-
sonic conditions.

To represent the conditions of free flight in a wind-tunnel
test as realistically as possible, the transition from laminar to
turbulent flow is, in most cases, fixed in the proximity of the
profile nose by means of a transition strip. In the case of
traditional transonic airfoils, it was quite right to assume an
early transition, due to its geometry and the resulting pressure
distribution. However, when compared to flight experiment,
this leads to different kinds of boundary layers on the airfoil.
As a consequence, the position of the transition has to be
taken into consideration when applying results obtained in a
wind-tunnel test to an original airfoil.

In Ref. 1 Pearcey is the first to classify in detail the different
effects shocks have on the airfoil's boundary layer as well as
their interaction in a fully turbulent flow. In principle, the
great increase in pressure occurring due to the shock in com-
bination with a further increase in pressure on the trailing
edge causes the boundary layer to become significantly thicker.
Boundary layers that are forced in such a way tend to separate.
Criteria for a shock-induced local separation bubble or a com-
plete separation are listed in Refs. 2 and 3. When increasing
the Mach number or the angle of attack, the shock migrates
further downstream, whereby/?! is decreased immediately in
front of the shock. In case of no separation behind the shock,
p2 increases continually behind the shock. When further in-
creasing the Mach number, a shock-induced separation takes
place, and the pressure behind the shock decreases and be-
comes smaller than/?*. Increasing the Mach number slightly
is sufficient to cause the separation bubble to extend contin-
ually and quickly reach the trailing edge, whereby the flow
separates completely and causes a decrease in the trailing-
edge pressure. For this reason, p2 = p* is postulated in Ref.
2 to be the criterion of the onset of a rapid extension of a
shock-induced separation bubble.

Another criterion of a first onset of the buffeting that Pear-
cey lists in Ref. 4 illustrates the significance of the trailing-
edge pressure for the total airfoil flow. When the separated
flow reaches the trailing edge, the pressure decreases rapidly.
Therefore, buffeting does not take place by definition until
the trailing-edge pressure is greater than AcpTE = 0.05 at a
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constant lift coefficient and an increasing Mach number and
angle of attack, respectively.

Buffeting is due to the unsteady behavior of shocks on
airfoils. Here, local and global regions of separation oscillate
due to shock fluctuation, and thus, cause the pressure distri-
bution and, consequently, the aerodynamic force coefficients
to vary continually. For this reason, buffeting can be consid-
ered an immediate consequence of the shock boundary-layer
interference.

On the basis of the literature it has to be stated that, despite
all the numerous papers dealing with the effects of shock
boundary-layer interferences, there is a deficit with regard to
the field of the interaction between transition and shock
boundary-layer interaction. This is mainly due to the great
importance that, in the past, was ascribed to the question of
the applicability of results obtained in wind-tunnel tests, at
least when considering the determination of integral coeffi-
cients. Because of rather small Reynolds numbers, this de-
mand is controversial when dealing with smaller transonic
tunnels. For this reason, the region of interference is to be
examined in detail in this article for both an originally laminar
and a turbulent boundary layer by means of different steady
and unsteady measuring techniques.

Test Facilities
Test Section and Test Periphery

The experimental investigations were carried out at the
transonic wind tunnel of the Technical University of Berlin.
The tunnel is continually operated in suction mode. The ex-
periments used a two-dimensional adaptive test section which,
according to the model and adaptation, tolerates freestream
Mach numbers up to M^ = 0.85 (Fig. 1). The dimensions of
the test section are 150 x 150 x 990 mm3 in the nonadaptive
state. In the side walls, glass windows are installed in front
of and behind the position of the model in order to measure
the flowfield up- and downstream of the model. The airfoil
model is situated between two round window panes, which
allows angles of attack to vary. The airfoil used is a super-

Fig. 1 Adaptive test section of the transonic wind tunnel.
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critical CAST 7/DoAl model (Fig. 2). Because of its high
sensitivity to varied flow conditions such as varying Mach
numbers and angles of attack, this model is especially suited
for investigating shock boundary-layer interferences or influ-
ences of the wind tunnel. The dimensions of the model are
150 x 100 mm2. Consequently, the Reynolds number is Re
- 1.4 x 106 at a design Mach number of M*. = 0.76. The
model is equipped with 45 pressure taps (29 on the upper, 16
on the lower side), which are arranged along a curve close to
the middle section of the model.

In the investigations presented here, a new adaptation was
not carried out for each variation of the Mach number, since
this would have meant the introduction of a new parameter,
which is difficult to evaluate with regard to shock boundary-
layer interferences. For this reason, an adaptation was carried
out for only two angles of attack and the design Mach num-
ber. For determining the pressure, a pounds per square inch
pressure measuring system was available for simultaneously
measuring up to 224 separate pressures. For measuring the
flowfield globally, a Laser-2-Focus anemometer was used.
Moreover, a schlieren device was employed for examining the
flowfield qualitatively. In tests involving a fixed transition, a
transition strip with a width of 1 mm was mounted at 7% of
the depth of profile. It consisted of Ballotini balls with a
diameter of dh = 0.1 mm.

Piezofoil Arrays
Piezoelectric foil sensors have been successfully used in

experimental aerodynamics.6~8 Here, the basic material is an
industrially produced foil made of polyvinylidene fluoride
(PVDF), which was polarized by means of a strong electrical
field, and thus, reacts to mechanic forces with a change of
charge proportional to stress. Possible thermic tensions oc-
curring in the foil material bring about another feature of the
piezofoil, i.e., its pyroactivity or pyroelectricity.9 Because of
its small thickness (9 < h < 100 /tin), the foil does not only
react to mechanical stresses (tangential and normal forces)
with a change of charge, but to the smallest change or fluc-
tuation of temperatures.

The piezofoil works in quite a reliable way in a rather wide
range of frequency of / = 0.01 Hz up to the region of giga-
Hertz (109 Hz). Because of its small thickness, the piezofoil
is rather flexible and light and can be used quite easily. The
raw foil is produced with a metal coating on both sides to be
measured electrically. The material used for the coating is a
rather thin layer (approximately 1 jiim) made of copper, al-
uminium, nickel or gold. The upper and bottom coating si-
multaneously serve as an electrode of the foil. To partially
remove the coating on one side (e.g., by etching) allows the
production of regions that are sensorically active. Here, the
great electric impedance of the foil material causes only re-
gions that are coated on both sides to be sensorically active.
In this way, sensor arrays can be produced that are adapted
to the respective problem. Because of their flexibility and
great mechanical resistance, the piezofoil can be mounted
quite easily on any airfoil design with a curved surface.

Schematically, Fig. 3 shows details of the piezofoil array
mounted on the upper side of an airfoil. The regions that are

- Lower Coating - Upper Coating Piezoelectric Foil

Fig. 2 CAST 7 airfoil model, position of the pressure taps and the
piezofoil array.
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Fig. 3 Principle sketch of a piezofoil array mounted on an airfoil.
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sensorically active are connected electrically to a charge am-
plifier by means of a platinum wire with a thickness of 50 /mi.
Here, the wire is linked up with the bottom coating (the hot
electrode) by means of a conductive glue. The upper coating
serves as a joint mass for all the sensors (the cold electrode).
By means of a double-sided nonconductive glue film, in which
the connecting wires are integrated as well, the foil is glued
on the surface. The thickness of the foil including the glue is
-100 /mi.

A separate sensor worked out from a piezofoil can be pro-
duced from rather small dimensions. The dimensions typical
of a sensor are between 1-20 mm2. Thus, the sensor is, in
addition, a small signal source, which is extremely sensitive
to interference. For this reason, the electronics processing the
signals have to be especially conceived for its respective use.
Thus, the lower limiting frequency of the measuring signal to
be expected is crucial for choosing the appropriate type of
amplifier. Miniature receivers, which have a lower limiting
frequency of / = 0.1 Hz, have proved to be most efficient in
these cases.

The array used in the investigations presented here con-
sisted of 36 separate sensors, which were arranged one behind
the other in the middle section of the airfoil (Fig. 2). The
distance between the separate sensors is 1.5 mm, so that the
array extends from 14.5-99.5% of the depth of profile. The
foil was glued along the total width of the airfoil on the upper
and bottom sides in order to exclude interferences due to foil
edges and three-dimensional flow effects. However, a refer-

Fig. 4 Principle sketch of a piezoreceiver.

ence pressure measurement could not be carried out in this
case.

Piezofoil Receiver
Although there are reservations to be made with regard to

the frequency range and the dynamics of the fluctuation quan-
tities, linking up an external receiver with existing static pres-
sure taps is another possibility of detecting unsteady wall shear
stress on aerodynamic test bodies. Taking this problem into
consideration, special piezoreceivers were developed and pro-
duced at the Technical University of Berlin (Ref. 10 and Fig.
4). In the case of this receiver, the piezofoil as well as the
electronics are housed in a metal casing, where the foil is well
protected against any influence of temperature and electronic
interference. In this extremely small measuring volume, the
foil is wound separately and several times (the area of the foil
is approximately 1000 mm2), which allows a greater specific
change of charge and a greater sensitivity. The charge am-
plifier was designed for a lower limiting frequency of 2.8 Hz
and a higher one of 5 kHz.

Because of its structure a piezoreceiver conceived in this
way registers only pressure fluctuations, which means that,
contrary to the case of the surface sensor, the influence of
temperature and wall shear stress no longer apply here. In
order not to falsify unsteady measurements to too great an
extent, the connecting pressure tube was made as short as
possible in order to minimize the attenuation effects and, thus,
excludes possible resonance frequencies. The measurements
were carried out with only one sensor since the signal char-
acteristics of the separate sensors do not always show the same
sensitivity for all of the frequencies under consideration. This
excluded, however, simultaneously measuring pressure fluc-
tuations on several pressure taps.

Results of Steady Measurements
When using conventional steady measuring techniques, great

differences between a laminar and a transition-fixed flow can
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Fig. 5 L2F, distribution of the standardized, local Mach number and the turbulence intensity at the same shock position for free and fixed
transition.
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already be observed. In order to illustrate this fact, the global
flowfield was measured by means of a Laser-2-Focus ane-
mometry in the middle section of the airfoil. Here, the same
shock position that occurs in the two kinds of flow was in the
focus of interest. As a result, the freestream Mach numbers
differ in the respective cases. As an example, the results of
this measurement are presented in Fig. 5 at a shock position
of 47% of the depth of profile. The upper parts of the figure
show the distribution of the local Mach number standardized
with the freestream Mach number, whereas the turbulence
intensity is to be seen in the bottom parts of this figure. In
both cases, the differences between free and fixed transition
are to be clearly seen. In the case of free transition, the flow
accelerates regularly on the upper side into the supersonic
region, but slows down as early as in the middle of this region
above a front foot of a A shock, which is caused by the be-
ginning of the separation bubble. Here, the beginning of the
separation bubble has the same effect as a concave edge in
the supersonic region. For this reason, the supersonic region
is limited by means of a shock that is slightly curved in the
upstream direction. In the case of the fixed transition, the
flow is accelerated later on the upper side, and the supersonic
region is limited by a vertical shock. Because of greater fluc-
tuations, the supersonic region is also more fully developed
above the airfoil in this case. Further downstream of the shock,
a slight postexpansion takes place in both cases. This expan-
sion is much more distinct in the case of free transition. In
the further course of the experiment, it is to be clearly seen
that the flow strongly slows down in the region of the trailing
edge in the case of the fixed transition. This is due to a sep-
aration on the trailing edge. The courses of the turbulence
intensity also confirm this fact. Whereas, in the case of the
free transition the turbulence intensity above the airfoil and
in the wake does not become greater than Tu = 4, it is Tu
> 10 in these regions in the case of fixed transition. In the
shock region itself, the turbulence intensity is likewise greater,
because the shock is subject to If fluctuations, whose ampli-
tudes are often greater than the actual measuring volume of
the L2F. The effect of the transition strip is clearly recognized
in the courses of the turbulence intensity. It also causes the
turbulence to increase considerably above the strip.

To show details of the flow in the proximity of the shock,
oil visualization was carried out at the upper side of the airfoil.
Here, the silicon oil used was led into the flowfield imme-
diately behind the airfoil nose through one of the existing

pressure taps in the region of high suction pressure. When
compared to traditional methods of the oil film technique,
this procedure has the advantage of really visualizing the ac-
tual state of the flow. In the case of free transition, a wide
separation region is seen. Here, the oil spreads over the airfoil
in the direction of the wingspan. The great transversal fluc-
tuations existing in the turbulent boundary layer (fixed tran-
sition) concentrate the oil in a small separation bubble at a
single place, and thus, cause distinct three-dimensional ef-
fects. In the case of free transition, the shock is to be found
at the end of the separation region (determined from schlieren
pictures). This illustrates that, in the case of free transition,
the information on the increase in pressure is transported
through the boundary layer upstream, a phenomenon that
leads to flow separation. The result of the oil visualization is
summarized for varied Mach numbers as well as a laminar
and fully turbulent flow in Fig. 6. As a comparison, the start-
ing position of the increase in pressure as determined from
the pressure measurements is also shown in this figure.

In the case of the laminar flow, the separation bubble,
which starts to develop at a Mach number of M^ = 0.65,
extends up to almost 20% of the profile chord. Here, the
increase in pressure above the shock always starts downstream
of this separation region. This causes the separation bubble
to move practically under the shock foot in the direction of
the airfoil's leading edge. Starting at a freestream Mach num-
ber of M^ = 0.74, a complete separation of the flow is to be
observed. It starts before the trailing-edge separation occurs.
It is obvious that, in this case, the transition from the sepa-
ration bubble to the complete separation takes place imme-
diately in a rather small range of the freestream Mach number.

In principle, a separation bubble is also to be found in the
case of the turbulent flow. However, its extension is much
smaller, attains a maximum value of 10% of the chord at M^
= 0.76 shortly before the complete separation starts, and
migrates upstream at an increasing Mach number. Here, the
separation bubble and the region of complete separation al-

a=3°

Angle Calculated From Pressure in Front and Behind the Shock
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Fig. 6 Evaluation of the oil visualization, regions of separation on
the airfoil for free and fixed transition, a = 3 deg.
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Fig. 7 Shock and deflection angle vs freestream Mach number, a =
3 deg.
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ways take place behind the starting point of the increase in
pressure. Although the shock intensity is greater, the increase
in pressure caused by the shock cannot be transmitted up-
stream to the supersonic region through the fuller, turbulent
boundary layer as in the case of an originally laminar flow.

Because of the different separation regions in free and fixed
transition, the actual shock geometry has to differ as well in
the two cases as shown in Fig. 5. To make integral statements
on this problem, both the angle of shock and deflection were
derived from the pressure conditions in front of and behind
the shock in relation to the upper side of the airfoil by means
of the shock relations. Here, we are dealing with values sit-
uated at the edge of the boundary layer, since the static pres-
sure measured on the upper side of the airfoil is, by definition,
the same as the pressure at the edge of the boundary layer.
The respective results are shown in Fig. 7 in dependence on
the freestream Mach number. Here, the shock angle is, at
the same Mach number, always up to approximately 10 deg
greater in the flow with free transition. Thus, the shock is
more likely to be vertical in this case, although the shock
intensity is smaller. Accordingly, the deflection angle is also
smaller, which enables the streamlines to more closely follow
the outline of the airfoil. This is due to a greater thickness of
the turbulent boundary layer, a thickness, which on its parts,
is caused by the greater increase in pressure above the shock.

Results of Unsteady Measurements
Piezofoil Array

During the first measurements carried out with the piezofoil
array, time signals and power spectra were registered in the
shock region to determine the different kinds of behav-
ior that the different piezosensors show in an originally lam-
inar and a turbulent flow. As an example, the results of these
measurements are shown for an angle of attack of a = 1 deg
and a shock position of xlc = 46% in Fig. 8. Apart from the
signal courses, the power spectra of the autocorrelation and
of the signal itself are presented here. For a better compar-

ison, the autocorrelations are in addition presented linearly
in a region up to 50 Hz. At first glance, the much greater
signal amplitudes measured in free transition are to be rec-
ognized. Some of them are five times greater than in mea-
surements carried out in a fixed transition flow. This fact is,
of course, also reflected in the power spectra and autocor-
relations. Unlike the significant and abrupt decrease of the
power spectra that can be observed in the lower frequencies
in the case of a fixed transition, the power spectra increase
in the whole frequency region under consideration. According
to expectation, the influence of the shock foot is greater in
free transition. As a consequence, the shock information is
transmitted along two sensors (see sensors no. 13 and 14).
The power spectrum does not change significantly with regard
to quality when changing above the shock. Here, a distinct
frequency is not to be found. This is due to the fact that,
apart from the pressure fluctuations, superposed wall shear
stresses and fluctuations in temperature occur as well in the
total signal of the piezofoil sensors. The larger share of the
fluctuations in temperature is likely to be found in the lower
frequencies. Assuming that the fluctuations in wall shear stresses
are to be found in the same frequency region as the pressure
fluctuations, their share in stress is to be made responsible
for the rather high amplitudes in free transition, since the
boundary layer has consequently to be much more unsteady
due to the greater extension of the separation bubble below
the shock.

Since the time signals can be registered simultaneously in
the piezofoil-array measurement, new possibilities of analyz-
ing the signals are opened up. The phase shift of the signal,
e.g., can be derived in relation to the frequency from the
cross correlation that takes place between two series of signals
and is used for calculating the frequency response. The phase
position allows then to determine the significant flow regions.
When two sensors are installed in the region of a flow that is
not subject to interference, their signals occur in the same
phase, excluding the minimal time shift between the two sen-
sors. When the point of separation or reattachment lies be-
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Fig. 8 Signals of the piezofoil array in the proximity of the shock at free and fixed transition, shock at xlc = 46%.
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tween two sensors, their signals have to be in opposite phases,
since the direction of the flow and, thus, of the velocity gra-
dient and the wall shear stress vector, respectively, change in
an unsteady way. Consequently, both the fluctuations in pres-
sure and shear stresses have to be inversely proportional at
these sensors. Here, the phase shift has to be ±180 deg. At
the same signal intensity, the orientation of the orbits in the
Lisajous diagram is -45 deg. In Ref. 11 this principle was
successfully used for detecting separation regions in the sub-
sonic regions, whereas in Ref. 12 the exact stagnation location
of an airfoil was determined in this way. Figure 9 shows the
time signals, the phase shift, as well as the Lisajous diagram

at a Mach number of Mx = 0.724 and a = 3 deg in free
transition. The phase shift of 180 deg is already seen by means
of the If shares in the time signal between sensors no. 13 and
14. With the two sensors, the frequency response and the
orientation of the orbits show the behavior that was expected.
The orbits situated behind the shock, which occurs between
sensors no. 15 and 16, have much greater amplitudes than
those situated in front of the shock. This is due to the shock-
induced, laminar-turbulent transition.

The method of analysis described here allows the detection
of regions in a rather reliable way. However, it is not suited
for making statements concerning the position of transition.
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Fig. 9 Detection and proof of separation region by means of the phase shift and the orbits of two neighboring piezosensors for free transition,
M^ = 0.724, a = 3 deg.
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Fig. 10 Statistical evaluation of the piezofoil array signals in the region of transition for Mx = 0.707, a = 3 deg, and free transition.
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The time signals and power spectra alone are likewise un-
suited. For this reason, the time signals were evaluated sta-
tistically. As an example, Fig. 10 shows the distribution of
the standard deviation (rms) as well as the skewness and
flatness for a shock position of xlc = 32% in free transition.
In addition, the time signals and the distribution of the prob-
ability density function (PDF) are shown for some sensors in
this figure. By means of the high rms values, the shock oc-
curring in the standard deviation is easily recognized. Apart
from this, few conclusions about the position of transition can
be drawn from the standard deviation. However, both skew-
ness and flatness change their sign between sensors no. 2 and
3. When examining the distribution of the probability density,
a sign change of the maxima is likewise recognizable. This is
a reliable proof of transition because the transitional boundary
layer intermittingly takes over the features of the laminar and
turbulent boundary layer in this region. For this reason, the
middle of the transition has to be exactly in the middle of the
two sensors. Here, transition and the beginning of the sep-
aration bubble coincide (cf. Fig. 6).

Piezofoil Receiver
During the measurements carried out with a piezoreceiver,

the pressure taps on the upper side of the airfoil were linked
up to the sensors one after the other and the time signals
mean-averaged 20 times. A result typical of such a measure-
ment is shown for free transition in Fig. 11. Here, the shock
occurs at pressure tap no. 14, xlc = 42% and is characterized
by rather great amplitudes in the time signals. The separation
bubble starts as early as position xlc = 25% (tap no. 18) and
covers approximately 17% of the airfoil chord. In the power
spectra of the autocorrelations in front of the shock a signif-
icant increase in power is to be recognizable between pressure
taps no. 18 and 19. It is rather likely that the beginning of
the separation bubble coincides with the beginning of the
region of transition. Behind the shock, a distinct decrease in
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the density of power is to be seen. This applies, above all, to
the lower frequencies. Both the autocorrelations and the power
spectra show an almost constant course along the whole fre-
quency region under consideration.

According to the observations presented previously, the
transition position to be expected is thus found between 20-
30% of airfoil chord in this flow configuration. To determine
this position in a more exact way, it is likely to choose a case
where the shock and, consequently, the beginning of the sep-
aration bubble are situated further at the back of the airfoil
at a freestream Mach number of M^ = 0.749. The PDF was
evaluated for pressure taps no. 15-20. Here, the shock lies
at xlc = 62% and the beginning of the separation bubble at
xlc = 36%. The results are shown in Fig. 12. Deliberately,
the presentation was not standardized in order to illustrate
possible differences between the laminar and turbulent flow.
In the region of laminar flow (pressure tap no. 20), an almost
Gaussian distribution of the probability density is recogniz-
able. Further downstream, the maximum decreases and shifts
towards positive amplitudes. A change of sign takes place
between pressure taps 17 and 18. Thus, the region of transition
is to be found within the region of these pressure taps. As a
comparison, the distribution of the probability density in the
turbulent region of the airfoil flow behind the shock (pressure
tap no. 3) is also presented in this figure. Here, an almost
Gaussian curve is likewise recognizable, although the course
is flatter than in the laminar region.

For comparison, the deviation from the Gaussian standard
distribution (skewness and flatness) was calculated for free
and fixed transition. In Fig. 13 the courses of skewness and
flatness are shown as well as the standard deviation (rms) and
the two shock positions. In each case, an increase in the
standard deviation up to the shock is clearly recognizable. At
a shock position of 42% (free transition), a significant change
of sign is to be found in the skewness and flatness at a xlc =
20-25%. Here, the beginning of the separation bubble and
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Fig. 11 Signals of the piezoreceiver for Mx = 0.744, a = I deg, free transition, autocorrelations, and power spectra.

800 1000



SWOBODA AND NITSCHE 107

Number of Cases
0 50 100 150 0 50 100 150 0 50 100 150 0 50 100 150 0 50 100 150 0 50 100 150 0 50 100 150

-0,50 n

Separation Bubble
Tap No 13
Shock
Tap No. 09
Transition Between
Tap No. 19-17 0,0 0,1 0,2 0,3 o,4 0,5 0,6 0,7 0,8 0,9 1,0

Fig. 12 Probability density functions for some pressure taps at Mx = 0.749, a = 1 deg, and free transition.
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Fig. 13 Statistical evaluation of the signals of the piezoreceiver at
a = 1 deg, rms, skew ness, and flatness.

transition region coincide (see Fig. 13). Thus, the conclusion
that the separation bubble practically compels transition can
be drawn. In the case of the fixed transition, the beginning
of the separation bubble in the rms values is rather distinct;
both skewness and flatness change their signs behind the tran-
sition strip.

The states of the flow are to be defined most exactly at a
shock position of 66%. Here, too, the beginning of the sep-
aration bubble at a position of xlc = 46% and the shock at
xlc = 62% is to be seen from the strong increase in the
standard deviation. Likewise, the transition region is to be
identified in a rather good way by means of the skewness and
flatness at the position of xlc = 25% (pressure tap no. 18).
Thus, the observations presented earlier (see Fig. 12) were
confirmed.

Concluding Remarks
With regard to the complex problem of the interaction be-

tween the shocks and boundary layer, numerous investiga-
tions concerning the interference between an originally lam-
inar and a transition-fixed boundary layer on an airfoil,
respectively, and shocks in a transonic flow around the airfoil
model were carried out and compared in this article. Apart
from conventional steady measurements (pressure and veloc-
ity) and flow visualization, unsteady surface measuring tech-
niques were, above all, employed.

As early as in the steady pressure measurements did de-
cisive differences between the laminar and transition-fixed

flow show up. At the same freestream Mach number, the
position of the shock on the airfoil is always located further
downstream in the case of free transition. The local Mach
number in front of the shock is, however, always smaller in
this case. Thus, the flow starts to separate earlier behind the
shock in a laminar boundary layer than in one where the
transition is fixed. However, the pressure measurements show
as well that the shock is always slightly curved in the upstream
direction in the case of free transition. Thus, the flow is sta-
bilized above the shock, because the streamlines are deflected
behind the shock in the direction of the airfoil. This result
was confirmed by global Laser-2-Focus measurements. For
this reason, the flow accelerates once again behind the shock
up to the supersonic region (a local postexpansion caused by
the curvature of the airfoil), and continues to develop, up to
a certain shock position, a multiple-shock configuration. These
global phenomena have to do with the development of local
regions of separation, which, on their part and with regard
to their expansion and structure, strongly depend on the kind
of boundary layer arriving. Thus, the flow visualizations car-
ried out with oil showed that the separation bubbles in an
originally laminar boundary layer, at least for the Reynolds
numbers of Re = 1.4 x 106 considered here, start consid-
erably in front of the shocks and that they may extend up to
20% of the airfoil chord. In a transition-fixed boundary layer,
these regions of separation are found below or behind the
shock foot. Moreover, they are much smaller locally. For this
reason, their effect on the airfoil flow is limited locally and,
consequently, they are much smaller.

Two unsteady surface measuring techniques were used for
analyzing in detail the region of interference. The first method
was a piezoarray with 36 separate sensors that were mounted
one after the other. By means of special techniques of anal-
ysis, which could be employed when simultaneously register-
ing the time traces of several sensors, the regions of separation
could also be detected in this case. Moreover, it became clear
that the amplitudes of the time signals, and thus, the perfor-
mance in the regular shock signals, are by far greater in the
case of an originally laminar flow than in the case of fixed
transition. This also applies when the point of transition, de-
tected by means of the statical functions, was detected con-
siderably far away upstream of the shock or from the begin-
ning of the separation bubble. Thus, two different degrees of
turbulence can be determined. Evidently, the degree of tur-
bulence in the boundary layer caused by the transition strip
was much greater here than in the case of free transition. The
shock signal was more strongly absorbed due to the higher
degree of turbulence. This seems to be the reason why an
originally laminar boundary layer separates earlier behind the
shock, although both the local Mach numbers in front of the
shock and the pressure rise are smaller in this case.
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In combination with the existing pressure taps of the airfoil,
new types of receivers based on the piezofoil have been em-
ployed for measuring unsteady pressures in the shock bound-
ary-layer interference region. By means of this new receiver,
which was situated outside of the test section and linked to
the pressure taps by means of pressure tubes, both the regions
of separation and transition could be detected in an originally
laminar flow. In conclusion, it can be stated that the piezo-
receiver is a comparatively simple measuring technique, i.e.,
for investigating shock boundary-layer interferences (and here
for detecting separation regions in particular) as well as de-
termining transition.

Future research work investigating these problems will be
concentrating on the detection of the phenomena character-
izing the shock boundary-layer interference on a laminar air-
foil configuration.
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